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SUMMARY 


A wind-tunnel investigation of a family of 5 ^ - percent-thick 

symmetrical double-wedge delta wings was made to determine the effects 
of thickness distribution on lift^ drag^ and pitching moment. Six 
maximum- thickness positions (l8^ 30^ 40^ 50^ 6o^ and JO percent chord) 
were tested on each of three basic wings which had semiapex angles of 
50 ^, 55^^ and 40^. The tests were made at I^ch numbers of 1.62^ 1-9^^ 
and 2.^1 and Reynolds numbers of I .96 X I 06 to 2-75 X 10^ "the 
Langley 9~inch supersonic tunnel. The experimental data are compared 
with linear theory throughout. 

The results indicated that the wing drag calculated by the linear- 
ized theory was in qualitative agreement with the test results in 
indicating the effects of varying the maximum- thickness position. The 
decrease in minimum drag coefficient as a result of moving the wing 
maxi mum- thickness position from I 8 to 70 percent chord was as much as 
50 percent^ whereas the gain achieved in lift-curve slope was about 
22 percent. The optimum maximum-thickness position appeared to be 
near 60 to 70 percent chord. Lift-curve slope was accurately predicted 
by linear theory for the condition of shock-wave attachment to the 
leading edge of the wings. The maximum lift-drag ratio obtained was 
10.8. The predictions of the drag-due-to-lift factor based on the 
method of linear theory is adequate only for those wings which approach 
closely the restrictions of the theory. The chordwise center of 
pressure of all wings coincided approximately with the wing center of 
area and remained essentially invariant with maximum-thickness location^ 
Mach number^ and the ratio of the tangent of the wing semiapex angle to 
the tangent of the Mach angle (tan e/tan m) . 
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INTRODUCTION 


The effects of chordwise thickness distribution on the theoretical 
press\are-drag characteristics of delta wings with symmetrical double- 
wedge profiles have been determined on the basis of linear theory by 
Puckett (ref. l) and by Puckett and Stewart (ref. 2) for the complete 
range of sweepback angles of both the leading edge and the ridge line. 

The results of these analyses showed that for any given value of the 
tangent ratio tan e/tan m (where e is defined as the wing semiapex 
angle and m is the Mach angle of the free-stream flow) the wing 
pressure drag could be held to a relatively low value, dependent on the 
choice of the chordwise position of maximuni thickness. The results of 
a limited investigation of the effect of thickness distribution at a 
Mach nijmber M of 1.55 conducted on 5-percent-thick symmetrical double- 
wedge delta wings mounted on slender bodies and which had maximum- 
thickness locations at 20 and 50 percent chord (reported in refs. 5, 4, 

5, and 6), have tended to support the theoretical prediction of refer- 
ences 1 and 2 after due consideration had been given the friction drag. 
More recently, data obtained by Eugene S. Love and Richard E. I/Dvett in 
an investigation conducted in the Langley 9“iiich supersonic tunnel (these 
data are included herein) for Mach numbers of 1.62, 1.95# and 2.40 on 
8-percent- thick delta wings with the maximum-thickness location at 
50 percent chord showed significant wing-drag reductions as compared to 
previous tests by Love (ref. 7) on wings which had the maximum thickness 
located at l8 percent chord. Ulmann and Dunning (ref. 8) have also 
shown, in tests at M = A.Olt- on 8-percent- thick delta wings with 
maximum thicknesses at l8 and 60 percent chord, significant wing-drag 
reductions with a rearward shift in the location of maximum thickness. 
Welsh^ as a result of rocket-model tests conducted on 6 -percent -thick 
symmetrical double-wedge delta wings having maximum- thickness locations 
of 20, 50, and 80 percent chord (ref. 9 ), concluded that the wing drag 
calculated by the linearized theory was in qualitative agreement with 
test results in indicating the effects of varying the position of 
maximiam thickness. 

Although the linearized theory does not consider maximum-thickness 
location in the lift calculations, a comparison of the experimental data 
of Love and Lovett on 8-percent- thick delta wings having maximiam thick- 
nesses at 50 percent chord with the results obtained in reference 7 on 
wings of the same thickness but with the maximum- thickness location at 
18 percent chord, shows a significant increase in lift-curve slope as a 
result of the rearward movement of the maximum- thickness position, ^e 
results of the investigation of Ulmann and Dunning (ref. 8) at M = 4.04 
on geometrically similar wings indicate similar behavior upon relocation 
of the maximum- thickness position from I8 to 60 percent chord. 
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A review of the available literature on experimental investigations 
of delta-wing thickness-distribution effects (as discussed in the pre- 
ceding paragraphs) has shown that, to date, all the investigations have 
been of a limited nature with regard to the variation in the maximum- 
thickness position. Moreover, these tests have been concerned with 
relatively thick wings which are, aerodynamically speaking, less effi- 
cient than thin wings at supersonic speeds. Therefore, on the basis of 
the foregoing findings and in an effort to further the knowledge of 
thickness-distribution effects on the aerodynamic characteristics of 
delta wings, a systematic wind-tunnel investigation has been made of a 
series of thin, symmetrical, double-wedge delta wings having thickness 

ratios of 5^ percent. The selection of the thickness ratio was based 

upon considerations of structural feasibility and the fact that thin 
wings and control surfaces are an aerodynamic necessity at supersonic 
speeds if high lift-drag ratios are to be realized. A secondary, tho\igh 
important, purpose of the investigation was the assessment of the use- 
fulness of linear theory for wings which approach closely the restric- 
tions of the theory. 

The scope of the investigation included the measurement of the 
lift, drag, and pitching moment on a family of l 8 delta wings having 
semiapex angles of ^ 0 ^ ^ 55^^ Q'^d 40^. For each semiapex angle there 
were six wings with the maximum- thickness positions at l 8 , 50 , 40, 50 , 
60, and 70 percent chord. The wings were sting mounted and were tested 
in the langley 9-ii^ch supersonic tunnel at Mach numbers of 1.62, 1-9^, 
and 2.41. The Reynolds number range of the tests was from I .96 X 10 ^ 
to 2.75 X 10^ based on mean aerodynamic chord. 


SYMBOLS 


A 

b 

c 

Cl 

Cm 


aspect ratio 

wing span 

wing root chord 

wing mean aerodynamic chord. 



lift coefficient, 

qS 


pitching-moment coefficient. 

Pitching moment about wing center of area 

qSC 


k 
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'^D 

. . Drag 

drag coefficient, 

qS 


drag coefficient at zero lift 

% 

pressure-drag coefficient, - Cp^ 

S 

skin-friction -drag coefficient 

ACj) 

rise in drag coefficient above minimum, Cj) - ^ 


rate of change of lift coefficient with angle of attack 
at zero lift 


two-dimensional value of rate of change of lift coefficient 
with angle of attack 

E 

elliptic integral of second kind with modulus ^1 - w^ 

l/d 

lift -drag ratio 

( max 

maximum lift-drag ratio 

m 

Mach angle, sin"^ — 

M 

M 

Mach number 

P 

P“1 opal " ^ 

pressure coefficient, ■ 

q 

P 

static pressure 

<1 

dynamic pressure, ^ N^p 

R 

Reynolds number based on c 

r 

distance of ridge-line apex from trailing edge, percent 
root chord 

S 

wing area 

t 

wing maximum thickness 
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w 


tan e 
tan m 


a 

c 

7 

T 


angle of attack 

wing semiapex angle 

ratio of specific heats, 1,4 for air 

airfoil thickness ratio, t/c 


APPARATUS AKD TESTS 

Wind Tunnel, Balance, and Model Support 


Wind tunnel .- The investigation was conducted in the langley 9"ii^ch 
supersonic tunnel, which is a continuous-operation closed-return type 
of tunnel with provisions for the control of the hiomidity, temperature, 
and pressure of the enclosed air. The test I^ch number is varied by 
means of interchangeable nozzle blocks forming test sections approxi- 
mately 9 inches square. Eleven fine-mesh screens in the relatively 
large settling chamber ahead of the nozzle aid in keeping the turbulence 
in t?ie tunnel test section at a low level. During the tests, the quan- 
tity of water vapor in the tunnel air was kept sufficiently low so that 
the effects of water condensation in the supersonic nozzle were 
negligible. 

Balance and model support .- Figure l(a) is a sketch which shows 
the salient features of the three-component strain-gage balance used 
in the investigation to measure lift, drag, and pitching moment. The 
method of model support is shown in figure l(b) . As can be seen, the 
wings were mounted on support stings whose shanks passed through the 
opening of the movable -windshield nose with small clearance and were 
attached to the floating-frame section of the balance through insertion 
in the angle -of -attack spindle. The streamwise gap between the nose of 
the movable windshield and the base of the support sting was 0.020 inch 
or less, and the nose of the movable windshield had the same shape (but 
slightly smaller dimensions) as the perimeter of the base of the sting. 


Models 

The geometric characteristics of the v/ings are given in table I. 
The wings were machined from heat-treated steel and the surfaces were 
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ground and polished to a smooth finish. The thickness of the leading 
and trailing edges was from 0.001 to 0.002 inch. All the wings were 
made to the same nominal area. For structural reasons wing support 
stings of two sizes (see figs. 2 and 5) were used. The larger wing 
support stings, designated "sting A," were used on those wings which 
had the maximum- thickness position at or forward of the midchord point 
and the smaller wing-support stings ("sting B") were employed on the 
remainder of the wings. (See fig. 4.) In all cases, the nose of the 
wing support stings was behind the wing ridge lines in order to minimize 
sting tare -interference effects. The stings were made of sufficient 
width to minimize the danger of wing failure in the regions of extreme 
thinness where the stings are attached to the wings. Mirrors approxi- 
mately l/l6 inch in diameter were flush-mounted in the sting shoulder 
(as shown in fig. 1(b)) as a part of the optical angle -of -attack system. 

In order to evaluate the effects of the presence of the stings on 
the lift, drag, and pitching moment of the test configurations, two 
pressure-distribution models were constructed as shown in figure 5- 
(For a detailed description of these models, see appendix A.) 


Test Procedure 

Measurements of the lift, drag, and pitching moment were made at 
Mach numbers of 1.62, 1.9^, and 2.h\ through an angle-of -attack range 
of -2° to 6° in increments of 1°, except near a = 0° where l/2° incre- 
ments were obtained. With the optical system for indicating angle of 
attack, the indicated angle may be taken as the true value since the 
load deflection of the wings ahead of the mirrors is negligible. All 
the wings were tested consecutively (numbers 1 to l8) at M = 1.62, 

M = 1.9^, and M = 2.4l. (The test procedure used on the two press\ire- 
distribution models is discussed in detail in appendix A.) The Reynolds 
number range of the tests was from I.96 X I06 to 2.75 X 10° based on 
mean aerodynamic chord. 


Corrections to Experimental Data 

The wing support stings used in the tests were of necessity large 
as a result of wing-load considerations; hence it was considered manda- 
tory to obtain an accurate estimate of the magnitude of the sting tare- 
interference effects, particularly in regard to drag at zero lift. Test 
models used for this piirpose are shown in figiore 5 a^nd a detailed descrip- 
tion of the sting tare-interference tests can be found in appendix A. 

The change in pressure drag of the wing-sting configurations due to the 
presence of the stings (A and B) was applied to the measirred drag data 
of the force tests. Figure 6 shows the magnitude and variation of these 
changes in press\rre-drag coefficient with angle of attack (up to 6°) and 
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at all test Nfech nunibers . Lift and pitching -moment changes due to the 
presence of the stings were found to he negligible. 

Additional corrections, which have been standardized and considered 
routine for wing-sting tests in the Langley 9-inch supersonic tunnel, 
were applied to the drag of the wing-sting configurations to account for 
the difference between free-stream pressure and (l) the measured pressure 
on the base of the support-sting shoulders and (2) the pressure in the 
fixed -windshield — shield — balance-box enclosiore . 


Precision of Data 


Stream siarveys obtained with the empty test section have indicated 
that the mean values of the Mach numbers in the region occupied by the 
test models in the test nozzles were 1.62, 1.9^, and 2.hl and that the 
variation about these means was ±0.01 or less. The estimated probable 
errors in the aerodynand.c quantities are included in the following table: 


Cl 

Cd 


Cm .... 

a, deg 
Initial 
Relative 


R 


± 0.002 

±0.0002 

±0.0018 

±0.05 
± 0.01 
±0.05 X io6 


The value of ±0.05^ given for angle of attack is a result of the error 
in initial referencing of each wing with respect to stream direction. 
The value of ±0.01^^ is the error that might he incurred in relative 
angle-of -attack readings for a given test. 


Reynolds Number 

The Reynolds numbers of the wings based on mean aerodynamic chord 
(see table l) varied as shown in the following table: 


Wings 

Reynolds mamber 

M = 1.62 

M = I.94 

M = 2.41 

1 to 6 

2.75 X lo6 

2.70 X 106 

2.56 X 106 

7 to 12 

2.50 

2.46 

2.14 

15 to 18 

2.28 

2.25 

1.96 
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The small variations in Reynolds number shown are believed to be 
negligible Insofar as the aerodynamic forces and moments are affected, 
as is indicated in the results of references 10, 11, and 12. 


RESULTS AND FISCUSSION 


The variation of lift, drag, pitching moment, and lift-drag ratios 
for an angle-of -attack range of -2° to 6° are given in figures 7 to 15 
for all the wings of the investigation at Nfe.ch mmibers of 1.62, 1.9^, 
and 2.kl. Table II presents a summary of the results of the investigation. 


Lift 


For the individual wings, the lift varies linearly with angle of 
attack. For this reason, the lift results can be discussed and compared 
with theory on the basis of lift-curve slope. The analyses of refer- 
ences 15, 15 ^ S'lid 16 using linear theory indicate that the tangent 

ratio tan e/tan m is a basic parameter in sweptback-wing or triangular- 
wing theory. Values of tan e/tan m greater than 1 represent a wing 
whose leading edge is ahead of the Mach cone originating at the wing 
apex (supersonic leading edge); values of tan e/tan m less than 1 
represent a wing with a subsonic leading edge. References 1, 2, l4, 
and 15 have shown that, for thin triangular wings with leading edges 
ahead of the Mach cone, the lift-curve slope has Ackeret's (ref. I7) 
theoretical two-dimensional value of 



( 1 ) 


and that^ for triangular wings with leading edges behind the Mach cone^ 
this value he comes 


2jc ^ 

Cj^ = tan_m (2) 

EyM^ - 1 

The lift-curve slopes of the wings at all test Nfeich numbers are 
shown in figure l6 as a function of maximum- thickness position. Also 
included in the figure are the test values of the tangent ratio 
tan e/tan m, along with the lift-curve slopes predicted by linear 
theory. A cursory examination of the data for the condition in which 
the shock wave is detached from the leading edge of the wing shows an 
increase in lift-curve slope as the maximum- thickness position is 
moved rearward. This result is believed to be directly attributable 
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to the fact that significant transonic -flow effects occur on triangular 
wings at supersonic speeds for detached- shock conditions as conclusively 
shown by Boyd and Phelps in reference l8. Also, as shown in refer- 
ence 19, airfoil thickness distribution has a pronoimced effect on the 
flow characteristics over the wings (and thus force characteristics) 
when the flow over the wing is transonic in nature. Rearward movement 
of the wing maximum- thickness position, with the consequent reduction 
in the leading-edge wedge angle, would tend to favor shock attachment 
and thereby minimize the severity of the transonic flow phenomena 
(characterized by shock waves and flow separation) on the wing. Thus, 
an improvement in wing lifting ability and consequently better agreement 
with theory could reasonably be expected. A maximum increase in lift- 
curve slope of about 22 percent was realized (at tan e/tan m = I.070 
test condition) when the maximum- thickness position was moved from 
18 percent to 70 percent chord. This percentage increase in the lift- 
curve slope with rearward movement of the wing maximum-thickness posi- 
tion agrees well with the value of 19 percent obtained on geometrically 
similar 8-percent-thick delta wings with maximum- thickness positions at 
18 and 50 percent chord (ref. 7 and unpublished data of Love and Lovett, 
respectively) at comparable Mach numbers. 

The lift-curve-slope data for attached -shock conditions (figs. l6(b) 
and (c)) show no appreciable change in slope with rearward movement of 
the wing maximum- thickness position and there is excellent agreement 
between experiment and theory. (Shock attachment has occurred on all 
wings when tan e/tan m = I.584.) 

The importance of shock attachment to the aerodynamic character- 
istics of delta wings has long been recognized, having been discussed 
by Clinton E. Brown of the Langley Laboratory before a technical group 
as early as 19^8. Love also discussed this subject in reference 7* 

More recently, Ulmann and Bertram took cognizance of this phenomenon 
and presented (ref. 20) some simple methods for modifying the predic- 
tions of linear theory to account for shock detachment. 

The lift-curve slopes have been replotted in figure I7 as a ratio 
to the theoretical two-dimensional slope, as given by equation (l), 
against the tangent ratio tan e/tan m for the six maximum-thickness 
positions. (Because the test points shown in this figure represent 
data obtained at different Mach numbers, and because displacements 
occur in the data with Mach number for a given raaximimi-thickness 
position, it was not considered feasible to show faired curves.) It 
is at once apparent from an inspection of the figure that the maximum- 
thickness position is extremely critical insofar as the lift-curve- 
slope value is concerned when the flow over the wing is of a transonic 
nature. At the highest test value of the tangent ratio, the test points 
at all thickness locations tend to merge, a condition directly attrib- 
utable to shock attachment to the leading edges of the wings. 
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At the lowest values of the tangent ratio (abscissa of plot) for 
which tests were made, the maximum- thickness position appears, again, 
to be tending toward secondary importance, as might be expected. In 
reference 20 , it was pointed out that the analysis of delta-wing data 
for tfech numbers below 2 - 5 > plotted to the variables of figure 17 , has 
led to the conclusion that the linear theory gives a fairly accurate 
prediction of the lift of thin delta wings at low values of the tangent 
ratio but overestimates the lift at tangent ratios from about 0.7 to 
. 1 . 5 . Figure I 7 , however, shows that if the leading-edge wedge angle is 
relatively small, thereby approaching closely the restrictions of linear 
theory, the lift-curve slope of the wing is predicted closely by linear 
theory. For example, the lift-cui’ve slopes of the wing with the location 
of maximum thickness at 0 . 70 c are predicted within + 5 -5 percent through- 
out the tangent-ratio range of the tests (0.75^ to 1.84-0). 

]‘’igure 18 has been prepared by using the results of the present 
Investigation and published (refs. 4-, 5^ 1 } 10? 21 to 26 ) and 

unpublished delta-wing test data to show, primarily, some effects of 
thickness ratio on the variation of the lift-curve-slope ratio against 
Llie parameter tan e/tan m. Figure l8(a) is for wings with the maximum- 
thickness position relatively far forward (0.l8c to 0.20c). Shown in 

tiie figure are v/ings liaving thicknesses of 5^^ 6, and 8 percent. At 

i.he lower end of the tangent-ratio scale (around tan e/tan m = 0.5 
and lower) the data points for all the wings tested at Mach numbers of 
2.4-1 and below exhibit a tendency to cluster, which would indicate that 
tlie wing thickness has very little effect on the lift-curve slope when 
the flow over the wing is basically subsonic in nature. Hall (ref. 27) 
obtained similar results on triangular wing-body combinations. As one 
moves further along the tangent-ratio scale (an increase in tan e/tan m) , 
the advent of transonic -flow phenomena on the wings is manifested by the 
divergence of the test data for the wings of different thickness ratios. 
Further increase in the tangent ratio results in the flow over the wings 
becoming predominantly supersonic, and when leading-edge shock attach- 
.ment occurs the importance of the thickness on lift-curve slope is once 
again minimized, as evidenced by the fact that the thin- and thick-wing 
data appear to merge in the vicinity of tan e/tan m = 2.2. Except at 
those localities where the test points for all thickness ratios merged, 
the data exliibit systematic variation with thickness ratio with the 
wingt; of least thickness following the trend of the theoretical curve 
most closely. Tlie agreement and the rtagnitude of disagreement between 
theory and experiment may be attributed to leading-edge wedge angle and 
s.hock atlacliment in the manner described in the discussion of figure 17- 

Tlie displacement of the hypersonic Mach number (M = 6 . 9 ) data rela- 
tive to the data obtained at the lower Ntich nujnbers (particularly those 
d-ata obtained in ref. 7 for geometrically similar models) is to be 
expected, because, for tV:ece relatively thick wings, the correlating 
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parameters based on linear theory are not applicable at high supersonic 
^fe.ch numbers, that is, Mach numbers above about 3 (ref. 22). Tlie same 
reasoning would be expected to apply to the M = data. Predictions 

of high Mach number resvilts can be more accurately determined tlirou^ 
use of a method based on shock-expansion theory presented in reference 20 
by Ulmann and Bertram. 

Figure l8(b) shows the compiled data for wings of various thickness 
ratios having their maximum- thickness positions near midchord ( 0.50c to 
0.62c) . Basically, the data of this compilation show results similar 
to those for the wings with maximum thickness well forward for the low 
and high tangent-ratio values. Hovrever, in the intermediate tangent- 
ratio range (where the transonic -flow phenomena were so prevalent for 
the wings with maximum thickness at 0.l8c to 0.20c) the effects of 
thickness are considerably reduced. This is due, of course, to the 
fact that the leading-edge wedge angle becomes less with rearward move- 
ment of the maximum-thickness position. The better agreement with 
theory for these wings as compared with the wings of figure l8(a) may 
also be attributed for the most part to the reduction in leading-edge 
wedge angle. Again as expected (see ref. 20) the data at M = 4.04 and 
6.9 are considerably higher than the data at the lower supersonic Mach 
numbers . 


Drag 


Minimum drag . - 


The minimum drag coefficients for the 5^ - percent- 


thick delta wings of the investigation are presented in figure 19 as a 
function of the wing maximum- thickness position for the three test tiach 
numbers. Included in the figure is the theoretical pressure-drag 
coefficient computed by the method of reference 1, the equations of 
which are given in appendix B. Also shown in the figure, for illustra- 
tive purposes only, are the theoretical total-drag-coefficient curves 
(pressure drag plus friction drag) computed on the basis of the skin- 
friction coefficients corresponding to completely laminar and completely 
turbulent flow in the boundary layer. Laminar skin-friction coefficients 
were estimated from the Blasius flat-plate incompressible theory (ref. 28) 
since differences are negligible at the test Mach numbers (I.62, 1.94, 
and 2.4l) between this theory and the more acciurate theories which account 
for compressibility (refs. 29, 50, and 51) . Turbulent skin-friction 
coefficients, on the other hand, were obtained from reference 52 
(extended Frankl and Voishel results) . The Reynolds number used in the 
selection of the skin-friction coefficients was based on the mean aero- 
dynamic chord cj of the wings. The peaks on the theoretical curves 

(fig. 19(a ) , 6 = 50°) represent the condition whereby the Mach line and 

wing ridge line are coincident and are characteristic of the linear theory 
although unrealistic. (See refs. 7, 20, and 22.) 
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As can be seen in the figure, all the test points fall generally 
within the boundaries of the theoretical total-drag-coefficient curves. 

It is seen also that the data, in most cases, exhibit a smooth varia- 
tion with maximum-thickness position, going from an initial value 
near the theoretically all-turbulent drag cvirve to a final value 
near the theoretically all-laminar drag curve. (This observation is 
most evident at M = 1.94 and 2.4l.) This variation of the experimental 
test points strongly suggests that the wing ridge lines are instrumental 
in "triggering" boundary-layer transition as observed in reference 7- 
Actually, the locations of the boimdary- layer transition lines are deter- 
mined by the presence of shock waves on the wing surface and the steep 
adverse pressure gradients that are predicted to occur just downstream 
of the ridge line and which are accentuated by these surface shock waves 
(see refs. 5, T, and l8) . The beneficial effect on wing drag of moving 
the maximum-thickness position rearward from l8 percent chord to 70 per- 
cent chord is reflected in a maximum decrease of around 50 percent in 
the minimum drag coefficient. These findings are comparable to results 
obtained on 8-percent- thick delta wings (for rearward shifts in the 
maximum-thickness position, from l8 to 50 and 60 percent chord) by 
other investigators, for example. Love (ref. 7) Love and Lovett 

(data presented herein) at IVtich numbers 1.62, 1.95^ 2.40 and Ulmann 

and Dunning (ref. 8) at M = 4.04. 

The variation of the minimimi drag with Mach niomber is shown in 
figure 20 for wings with common maximum-thickness positions. (For the 
sake of clarity the designation of individual test points has been 
omitted.) For those wings having the location of the maximum thickness 
from l8 to 50 percent chord, the variation of minimum drag with Mach 
number is generally linear and the rate of decrease with increase in 
Mach number is found to be comparable to similar wings of 8-percent 
thickness tested thro\igh the same Nfech number range (ref. 7 and data 
of Love and Lovett) . The minimum-drag variations of wings with more 
rearward maximum-thickness positions (60 to 70 percent chord) show an 
initial decline through half of the Mach number range (to about M = 2) 
similar to the forward- thickness-location wings > however, the curves 
have a tendency to level out with further increase in Mach number. 

'Phis 2result is probably due to more favorable flow conditions over the 
wing incurred with the advent, or near advent, of shock-wave attachment 
to the wing leading edge. The lowest value of minimum drag coefficient 
(0.0049) occurred at M = 2.4l on the aspect ratio 5-56 wing (e = 40 ) 
with the maximum- thickness position at the 70-percent-chord station 
(wing 18) . 

The linear theory for delta wings, as derived by Puckett (ref. l) , 
indicates that all delta wings with double-wedge airfoil sections having 
a given maximum- thickness location and the same value of the tangent 
ratio will have the same value of (where Cp^ is the minimum 

pressure— drag coefficient) within the restrictions of linear theory. 
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Tlrius, the theoretical predictions of the minimum pressure drag for wings 
of the same maximum- thickness position appear as single c\irves when 
plotted in the form Cpp^r^ against tan e/tan m. 


In order to compare the experimental drag data of the present 
investigation on the basis of the linear theory, it was necessary to 
deduct a calculated friction-drag coefficient from the experimental 
values of measured minimum drag coefficients. For the purpose of these 
calculations, therefore, boundary -layer transition was assumed to occur 
at the wing ridge line and laminar and turbulent friction-drag coeffi- 
cients were calculated by using the methods described previously. The 
variations of the theoretically derived and the experimentally adjusted 
wave-drag parameter with tangent ratio are shown in figure 21 

for all maximum- thickness locations. A cursory inspection of the figure 
reveals fair agreement of the test points with theory, with the exception 
of the wings with maximum thickness relatively far forward (0.l8c). 

However, correlation of the experimental data along a single curve 
appears to be best for the wings with the maximum thickness at this 
forward chordwise wing station. In general, as the maximum-thickness 
position is moved rearward, the scatter of the data increases^ thus 
the correlation as predicted by linear theory appears to become pro- 
gressively worse. The key to a true comparison of this nature, however, 
lies in the accurate assessment of the skin-friction-drag coefficients. 

With this in mind, on the basis of the comparison shown in figure 21 
(based on approximated values of skin-frictlon-drag coefficients) , the 
quantitative and qualitative predictions of the linear theory can be 
considered good, at least for nonblunt wings. 

To illustrate the effects of thickness ratio on the variation of 
the drag parameters with tangent ratio of 

double-wedge delta wings, results obtained in other facilities (refs. 5^ 
h, 5, 7, 8, 9, 21 to 26, 55, 54, and unpublished data) on delta wings 
of various thicknesses and those of the present tests are compiled in 
figures 22 and 25. The plots of the minimum-drag parameter 

(figs. 22(a) and 25(a)) are intended solely for the discretionary use 
of the reader and to afford a comparison of the pressure drag 

values with the minimum-drag values from which they were 

obtained by subtraction of a skin-friction-drag coefficient 

^Cpp = - Cp^). (The minimum drag coefficients Cp^^jy, of the 

tests of refs. 5^ and 5 include the forces on the mounting bodyj 
for the rocket-model tests of ref. 9 , represents wing drag 

plus wing-body interference drag.) For those data from tests up to 
and including M = 2 .kl, the skin-frlcti on-drag coefficients were deter- 
mined as described in the previous paragraph. At M = k.04, skin-friction- 
drag coefficients have been determined for those wings with the maximum 
thickness near midchord (0.50c to 0.60c) by means of fluorescent-lacquer 
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tests (ref. 24) and references 50 and 55 > therefore^ these values have 
been used in computing the pressure drag for this series of wings. For 
those wings with the maximum thickness at 0 .l 8 c^ an experimental value 
of friction-drag coefficient was obtained by plotting the drag coeffi- 
cients of wings having the same plan form and section against the square 
of the wing thickness ratio and making a straight-line extrapolation 
through the experimental points to the zero-thickness ordinate. The 
skin-friction-dicLg coefficients for those wings at the hypersonic Nfe.ch 
number (M = 6 . 9 ) have been determined as outlined in reference 25* 

In figure 22(b) are shown those drag data for wings with the 
maximum-thickness positions at or near the 20 -percent-chord location 
( 0 . 18 c ^ 1 - r < 0.20c). It is at once apparent that the difference 
between the experimentally derived and the theoretically predicted wing 
drag is quite large. Thus, the conclusion that linear theory is 
inadequate for predicting drag characteristics for wings with relatively 
blunt leading edges previously determined by Love (ref. 7) Q-ad others 

appears to be valid even for the thin - percent-thick^ wings of the 

present investigation. Hie overall correlation of the data cannot be 
considered good. For those data obtained at the relatively low Nfetch 
numbers (up to and including M = 2.41), it would be expected that a 
better degree of correlation could be obtained if the accuracy of 
assessment of the skin-friction-drag coefficients was improved. As 
regard the high Mach number data (M = 4.04 and 6 . 9 )^ Ulmann and Bertram 
(ref. 20 ) have pointed out that, for wings with maximum thickness at 
locations other than midchord, higher order terms become important and 
the two-dimensional shock-expansion theory indicates l\feLch number effects 
in the shock-attached region which cannot be correlated by these param- 
eters. (See fig. 22 (b).) 

In figure 25(b) are shown the drag data for wings which have 
maximum- thickness positions near or at the midchord station O. 5 OC 1 - 
r < 0.62c. Again, the overall correlation of the data cannot be con- 
sidered good. However, a better degree of correlation of all the 
experimental data would probably be realized with a more accurate 
assessment of friction drag. 

Drag due to lift .- In delta-wing theory (ref. 15 )^ a subsonic 
leading edge is characterized by an infinite pressure peak at the nose 
of the airfoil which, in the drag-due-to-lift calculations, must be 
accounted for by a leading-edge-suction term. The following equation 
(extracted from ref. 7) gives the theoretical drag due to lift with 
leading-edge suction as 


_ 1 3\/l - w^ 

Cl2 ■ ^ ■ kKW 
da 


( 5 ) 
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where a is in radians. Although the theory shows a forward thrust on 
the thin plate with a sharp edge, it is not to he expected that this 
characteristic will be realized in practice because very thin delta 
wings produce a laminar separation at the leading edge which tends to 
reduce the very high suction pressures that produce the drag relief 
(ref. 56 ). 

When the leading edge is supersonic; that is, when tan e/tan m ^ 1.0, 
no leading-edge suction force exists theoretically and the drag due to 
the lift is given by the expression 

Cl2 

da 



For this condition the pressure at the nose is finite and the theoretical 
stagnation point is at the leading edge; therefore, no flow can occur 
between the upper and lower surfaces. 

Figure 2k shows some effects of maximum-thickness position on the 
variation of the drag-due- to-lift factor /\CdJCj^ for the wings of the 
investigation at the three test Mach numbers. Included in the figure 
are the theoretical drag-due-to-lift curves with and without leading-edge 
suction and the test points representing the reciprocal of the experi- 
mental lift-curve slopes obtained on the wings. The experimental values 
of ACd/Cl 2 were obtained by evaluating the slopes of the straight lines 
faired tlirough the experimental points on plots of ACp against Cp^. 

At all Ivfech numbers and tangent ratios of the tests, the wings with the 
maximum- thickness position at I 8 percent chord indicate, according to the 
concepts of inviscid theory, leading-edge suction (the difference between 
the ACpy/CL^ values and the reciprocals of the experimental lift-curve 
slopes) . For the other wings, the indicated leading-edge suction is 
either less or nonexistent, depending on maximum-thickness location and 
tangent ratio. 

The fact that substantial leading-edge suction is indicated is 
surprising in view of the sharpness of the wing leading edges and is 
believed to be misleading, because the method of indicating leading- 
edge suction based on equation ( 5 ) is obviously inadequate for those 
wings which fail to approach closely the restrictions of the linear 
theory. Althougli theory based on a wing of zero thickness predicts the 
drag-due-to-lift factor to be equivalent to the reciprocal of 

the lift-curve slope when tan e/tan in > 1, experimentally with 

wings of finite thickness it appears that leading-edge wedge angle and 
therefore shock attachment or the approach thereto is the criterion 
rather than tangent ratio. Thus, for wings which approach closely the 
restrictions of the theory, good predictions can be expected. 
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Lift-Drag Ratio 


Experimental and theoretical lift-drag ratios of the test wings 
are presented in figure 25 plotted against wing lift coefficient, and 
in figure 26 the maximum lift-drag ratios are compiled and shown as a 
function of the wing maximum- thickness position. In the calculations 
of the theoretical lift-drag ratios it was assumed that the flow over 
the wing was laminar to the ridge line, at which point transition 
occurred, with turbulent flow existing over the wing behind this line. 
Friction-drag coefficients (see table II) based on this type of boimdary- 
layer flow were added to the previously calculated wave-drag values in 
determining the theoretical lift-drag ratios. In the calculation of the 
theoretical values of (l/D)max^ "the following equation, obtained from 
reference 13, was used: 


A cursory examination of figure 25 shows the trends of the experi- 
mental and theoretical L/d curves to be clearly alliedj however, as 
shown in figure 26, the calculated values of (h/D)ijjax depart markedly 
from the experimental values in the low (tan e/tan m = 0.75^ and 0.894) 
and high (tan e/tan m = 1.555 and 1.840) operating range of the investi- 
gation. The cause of this large discrepancy can possibly be attributed 
to the inaccurate theoretical assessment of the drag-due-to-lift 
factor ACp/Cl^ (see table II) , which enters into the equation for 
(L/D)uiax (see eq. (5))- At intermediate tan e/tan m values the 
agreement between the calculated and the experimental values is con- 
siderably improved, althoio^ in all probability the agreement is 
f ortiiitous . 

As shown in figirre 26, the trends of the experimental curves, which 
show an increase in (L/D)njax rearward movement of the maximum- 

thickness position, are predicted rather closely by the theory in most 
cases . Both the calculated and experimental curves show a tendency to 
reach a maximum near the 60- to 70-percent- chord station. The highest 
lift-drag ratio (10.8) was obtained at M = 2.4l on the e = 40° wing 
of higiiest aspect ratio (A = 5 -56) and with the position of maximum 
thickness at the most rearward station tested (70 percent chord). This 
wing also had the least minimum drag of all the wings. With minor 
exceptions the experimental values of (4/®)max increased with Nfe.ch 
number; this is in opposition to the theoretical prediction. 
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Center of Pressure 

The chordwise center -of -pres sure location of the wings are shown 
in figure 27. The experimental center of pressure was determined from 
the change in pitching-moment-ciirve slope with lift-curve slope near 
zero lift. The chordwise center-of -pressure position is shown hy linear 
theory to he fixed at the wing center of area (midpoint of the mean 
aerodynamic chord) and is shown in the figure. The experimental centers 
of pressure are approximately 5 percent ahead of the theoretical position 
and essentially independent of maximum-thickness location^ Mach number, 
semiapex angle, and, therefore, tangent ratio tan e/tan m. Semispan 
tests of a 2.9-percent-thick double-wedge delta (c = 50^) ^ing with the 
maximum thickness at 62 percent chord (ref. 55) showed a similar center- 
of -pressure location (between k'J and ^8 percent of the mean aerodynamic 
chord) at Mach numbers of I.50 and 2.00. 

In contrast to the negligible variation of center of pressiore with 
tangent ratio tan e/tan m indicated by the present results, results 
for thicker wings (8 percent, ref. 7) have shown a forward movement of 
the center of pressure of about 10 percent with increase in tangent ratio. 


CONCLUSIONS 


An investigation of the effects of thickness distribution on the 

aerodynamic characteristics of eighteen 5^ - percent-thick delta wings 

was made at Nfe.ch numbers of 1.62, 1-9^, and 2.4l in the Reynolds number 
range from I.96 X 10^ to 2.75 X lO^. An analysis of the results has 
indicated the following conclusions: 

1. The wing drag at zero lift calculated by the linearized theory 
was in qualitative agreement and fair quantitative agreement with the 
test results in indicating the effects of varying the maximum- thickness 
position. 

2. The decrease in minimum drag coefficient as a result of 

moving the wing maximum- thickness position from I8 to 70 percent chord 
was, for some cases, as much as 50 percent. The optimum maximum- 
thickness position, from the standpoint of minimum drag, appeared to 
be near 60 to 70 percent chord. 

5- The lift-curve slope was accurately predicted by linear theory 
for the condition of shock-wave attachment to the leading edge of the 
wings. In addition, equally good agreement between theory and experi- 
ment was obtained for the condition of shock-wave detachment for those 
wings with the location of the maximum thickness at 60 to 70 percent 
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chordj however, as the maximum- thickness position was moved forward on 
the wing, the agreement between theory and experiment deteriorated. 

k. The gain in lift-curve slope achieved by shifting the maximum- 
thickness position from l8 to 70 percent chord was as much as 22 percent. 

5. The maximum lift-drag ratios increased with rearward movement of 
the wing maximum-thickness position and appeared to reach a maximum at 
all Mach numbers and wing semiapex angles when the maximum thickness was 
located at the 60- to 70-percent- chord station. The maximimi lift-drag 
ratio obtained in the tests was 10.8 and occurred at a Mach number of 
2.41 on the wing which had the least minimum drag of the series. The 
experimental variation of the maximum lift-drag ratio with Nfeich number 
was in opposition to the theoretical prediction of decreasing maximum 
lift-drag ratio with increasing Nfeich number. 

6. The prediction of the drag-due -to- lift factor based on the 
method of linear theory is adequate for wings which approach closely 
the restrictions of the theory. 

7. The locations of the chordwise centers of pressvure of the wings 
were at the 47- to 48-percent-mean-aerodynamic-chord stations and 
remained essentially invariant with maximvim- thickness location, Mach 
number, semiapex angle (therefore, aspect ratio), and ratio of the 
tangent of the wing semiapex angle to the tangent of the Mach 

angle (tan e/tan m) . 


langley Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 
Langley Field, Va., April 6, 1955* 
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APPENDIX A 

EVALUATION OF SUPPORT-STING TARE- INTERFERENCE EFFECTS 


It was considered necessary in this investigation to evaluate the 
sting tare forces and interference effects if a correct analysis of the 
drag results was to he made, particularly for the minimum drag. Tests 
were therefore undertaken on two configurations considered representa- 
tive of the test models of the primary investigation. 


Description of Models 

The models used in the tests are shown in figure 5- As previously 
described in the body of this report, two stings of different sizes 
were employed to support the wings used in the primary investigation. 
(See figs. 2, 3^ and ^^■.) Therefore, in the tests of sting tare- 
interference effects it was necessary to obtain data on wings eqmpped 
with the stings of different sizes. The wings chosen for the tests 
were geometrically similar to wings 10 and 11 of the primary investiga- 
tion (wings 10 and 11 were supported by sting A (large) and sting B 
(small), respectively, in the primary investigation) and were considered 
to be representative of the wings of the investigation. 

As shown in figure 5^ the wings were mounted on sweptback struts 
which attached to an angle-of -attack bar (not shown in sketch) . Mirrors 
approximately l/l6 inch in diameter (not visible in sketch) were flush- 
mounted in the struts as part of the optical angle -of -attack system. 
Sting replicas (or dummy stings) were attached to the wings as shown to 
simulate the actual support stings. These dummy stings were detachable. 
Msasurements of the pressure distributions over the portions of the 
wings influenced by the disturbances created by the stings and over the 
faces of the stings were accomplished by means of pressure orifices 
located on the surfaces of the models at the positions shown in fig- 
ure 28. A complete set of orifices was placed in the strut-free side 
of the models only. 

The models were made from hardened steel, similar to those used 
in the main investigation, with comparable tolerances. 


Test Procedure 

The procedure followed in conducting the tests was to obtain 
pressure data on both models at all Nfe.ch numbers (1.62, 1.91*-, and 2.4l) 
and the desired angles of attack with the dummy stings attached and 
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then repeat the tests with the stings removed. The angle of attack was 
Lisually varied from 0^ to 6^ in increments of 2^. Since a complete set 
of orifices was present in only one surface, tests were made at both 
positive and negative angles of attack in order that complete data might 
he obtained. For purposes of calculation, it was necessary to assume 
that the pressures existing on the bottom surface at a given positive 
angle of attack were identical to those measured on the top surface at 
the same negative angle of attack. 


Pressure Measurements and Reduction of Data 

The pressures on the wing and sting surfaces and the total pressure 
in the tunnel settling chamber were recorded manuaHy from a multiple- 
tube manometer. 

Inasmuch as the tests of sting tare-interference effects were for 
the determination of the change in force and moment coefficients of the 
wing-sting configurations due to the presence of the support stings on 
the wings, integrations of the measured pressures recorded on the models 
were made for the conditions with and without the dummy stings attached 
to the wings and over an area on each model as shown in outline in the 
following sketches: 




Sting A 


Sting B 
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Precision of Data 


The estimated probable errors in the aerodynamic quantities for 
M= 1.62, 1-9^, and 2.41 are included in the following table: 


The value of ±0.075 given for angle of attack is a result of the error 
incurred in the initial referencing of each wing with respect to stream 
direction. The value of ±0.01° is the error that might be incurred in 
relative angle-of -attack readings for a given test. 


The principal results are shown in figure 6 as the change in 
pressure-drag coefficients due to the presence of the stings. Wo 
plots of change in lift and pitching-moment coefficients due to sting 
presence are shown, because these changes were negligible. 

Figures 29 and 50 show the pressure changes which occurred on the 
test configirrations due to the presence of sting A and sting B, respec- 
tively. With the aid of the pressure diagrams (figs. 29 and 50) and 
figure 28, the extent and magnitude of the sting interference regions 
are easily visualized. The largest changes in pressure occurred at the 
wing stations occupied by the stings, and, as expected, a rapid decrease 
in pressure change occurred with rearward movement along the faces of 
the stings. Since the areas under the cirrves are Indicative of the 
pressure drag, the reduction in pressure change is indeed favorable as 
regards the tare drag of the stings. It is also seen that the pressure 
change at the sting station (station l) is smaller for sting A than for 
sting B, because, of course, of the smaller wedge angle of sting A. On 
the other hand, it is seen that the area of influence of sting A is 
considerably more than that of sting B. This fact and the moderate 
pressures over the face of sting A combine advantageously to produce a 
relatively small tare -interference drag force (and, at some angles of 
attack, a thrust) as shown in figure 6 (a) . On the contrary, the area 
of influence of sting B on the wing pressures is relatively smallj 
consequently, most of the tare-interference drag is due to the pressures 
on the face of the sting. 


P . . 

a, deg 


±0.005 



Initial 

Relative 


±0. 075 
± 0.01 
±0.0001 


Results 
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APPENDIX B 


CALCULATION OF PRESSURE DRAG 


The equations for computation of the pressure drag of triangular 
wings are as follows: 

For the l^ch line behind both the leading edge and the ridge line, 


Cm = 




2t2 

1 

Prt(l - r2) 

h - n2 


cos”^ n + 


^ {— + sin' 




line, 


r^l - 

For the Mach line ahead of the leading edge hut behind the ridge 


(Bl) 


Cm = 


^Dp 


2t£ 

G2(n,r) 


r(l - r)2 


1 /rt _ IpS-il,, _ sin-1 1 


n , 


where 


G2(n,r) 


- 1 - r 


1 + r 


log ^ r cos~ln ^ 


/n^ - 1 l/n^ - 1 

tan-l/ ' 1 '^ - 




- rn + /n^ - 1; 


^1 - r^n^ y 

For the Nfe.ch line ahead of both leading edge and ridge line. 


CBn - — 


G2* 


r(l - r)2 (1 - r)2 r(l - „ i 


log nr 


log n . -1 1 ..ill 

+ sin sin ^ — 

rn n j 


\/n2 - 1 


(B2) 


(B5) 


(B4) 
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v/here 


G2' = 

^ 1 + r 


log ^ r cos~ln ^ 


|/n^ - 1 /n2 _ 1 


log 


- 1 


1 + 


2\/r^n^ - 1 


n(l - r) + /n^ - 1 _ \jr^n^ - i 


(B5) 


and 


F' = 


1 - r 

- 1 lo^ 

m2 - 1 + y 



^(r2n2 - l)(n2 - l) 

1 + r ' 

/r2n2 - 1 - 1 

1 

H 

1 


(B6) 


In these equations^ 

p = /m2 - 1 

T thickness ratio at root 


distance of ridge-line apex from trailing edge^ percent 
root chord 


n = 

tan e 
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TABLE I 


GEOMETRIC CHARACTERISTICS OF 5^ - PERCENT-THICK DELTA WINGS 



(a) Dimensions of wings 


Wings 

€, deg 

b, in. 

c, in. 

c, 

- c, in. 

s, 

sq in. 

A 

t, in. 

1 to 6 

50 

4.298 

5.722 

2.481 

8.00 

2.51 

0.150 

7 to 12 

55 

4.754 

5.380 

2.255 

8.00 

2.80 

.118 

15 to 18 

l <-0 

5.180 

5.087 

2.058 

8.00 

5.56 

.108 


(b) Maximum- thickness locations 


Wing 

deg 

1 - r, 
percent c 

Wing 

€, deg 

1 - r, 
percent c 

Wing 

e, deg 

1 - r, 

percent c 

1 

50 

18 

7 

55 

18 

15 

4o 

18 

2 

50 

50 

8 

55 

50 

14 

4o 

50 

5 

50 

40 

9 

55 

40 

15 

4o 

4o 

4 

50 

50 

10 

55 

50 

16 

4o 

50 

5 

50 

60 

11 

55 

60 

IT 

40 

60 

6 

50 

TO 

12 

55 

70 

18 

4o 

TO 


TABLE II 


SUMMARY OF RESULTS 
(a) M= 1.62 


Wing 

€7 

deg 

1 - r, 
percent 
chord 

Lift 

Drag 

Pitching 

nLOsxient 

Lift-drag 

ratio 

Center of 
pressure 

Optimum lift 
coefficient 

% 

CDp 


^^nln 

ACb/Cl^ 


(I/D) 

max 

percent 

M.A.C. 


ipt 




Theor . 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

1 

50 

18 

0.0465 

0.0420 

0.00411 


0.00549 


0.00960 

0.0114 

0.2856 

0.5250 

0 

0.0005 

9.566 

8.4 

50 

49.29 

0.1857 

0 . 17 T 5 

2 

50 

50 

.0465 

.0424 

.00538 



.00493 

— 

.01051 

.0105 

.2856 

.5360 

0 

.00084 

9.256 

8.5 

50 

48.02 

•1905 

. 1 TT 5 

5 

50 

4 o 

.0465 

.0455 

.00451 



.00445 



.00896 

.0102 

.2856 

• 3 T 15 

0 

.0015 

9.902 

8.45 

50 

47.25 

. 1 TT 4 

.1774 

k 

50 

50 

.0465 

.0440 

.00419 



.00598 



.OO8IT 

.0084 

.2856 

.5880 

0 

.0008 

10 . 5 TO 

8.85 

50 

48.18 

.1694 

.1589 

5 

50 

60 

.0465 

.0481 

.00426 



.00551 



.oottt 

.0090 

.2856 

.5600 

0 

.0015 

10 . 6 ^ 

9.00 

50 

46.89 

.1652 

.1550 

6 

30 

TO 

.0465 

• 04 T 5 

. 004 t 8 

— 

.00265 

— 

. 00 T 45 

.0092 

.2856 

.5624 

0 

.0012 

10.872 

8.8 

50 

47.47 

.1616 

.1625 

7 

55 

18 

0.0519 

0.0429 

0.00918 


0.00561 



0 . 014 T 9 

0.0128 

0.2865 

0.5160 

0 

0.00104 

7.685 

T.95 

50 

47.67 

0.2275 

0.1925 

8 

35 

30 

.0519 

.0450 

. 005 T 6 



.00505 



. 010 T 9 

.0115 

.2865 

.5280 

0 

.00167 

8.998 

8.5 

50 

46.29 

.1942 

. 1 T 50 

9 

35 

40 

.0519 

. 046 t 

. 004 t 4 



.00456 



.00950 

.0088 

.2865 

.5250 

0 

.0014 

9.691 

9.29 

50 

47.01 

. 1 T 25 

.1690 

10 

55 

50 

.0519 

• 04 T 5 

.00455 



. 004 08 



.00845 

.0105 

.2865 

.5270 

0 

.0016 

10.179 

9.05 

50 

48.52 

.1716 

. 1 T 50 

11 

35 

60 

.0519 

.0505 

.00458 



.00560 



.OOT 98 

.0092 

.2865 

.5550 

0 

.0017 

10.U62 

9.19 

50 

46.65 

.1670 

.1670 

12 

35 

TO 

.0519 

.0509 

.00486 

— 

.00515 

— 

. 00 T 99 

.0085 

.2865 

.5540 

0 

.0021 

10.452 

9.85 

50 

45.87 

.1671 

.1590 

15 

40 

18 

0.0548 

O.olt -58 

0.01059 



0 . 005 T 0 



0.01598 

0.0140 

0.519 

0.2850 

0 

0.0018 

7.003 

8.00 

50 

45.89 

.2258 

.2075 

14 

40 

50 

. 0^8 

.0458 

.00645 



.00512 



.01155 

.0117 

.319 

.2846 

0 

.0015 

8.258 

8.70 

50 

46.72 

.1905 

.1954 

15 

40 

40 

. 0^8 

.(A -85 

.00515 



.00465 



.00980 

.0098 

.319 

.5026 

0 

.0021 

8.943 

9.25 

50 

45.65 

. 1 T 53 

.1700 

l 6 

40 

50 

.(^8 

• A 88 

.00462 



. 004 IT 



.00879 

.0085 

.519 

.5124 

0 

.0020 

9.445 

9.9 

50 

45.90 

.1660 

.1625 

1 ? 

40 

60 

.0548 

.0517 

.00458 



.00569 



.00827 

.0078 

.519 

.5280 

0 

.0020 

9.735 

10.08 

50 

46.14 

.1610 

.1500 

18 

4 o 

TO 

.(^8 

.0536 

.00502 

— 

.00522 

— 

.00824 

.0099 

.519 

.3504 

0 

.0020 

9.752 

9.95 

.50 

46.27 
i 

.1607 

. 15 T 0 


ro 
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TABLE II.- Continued 


SUMMARY OF RESULTS 
(b) M = 1.9^ 


Wing 

deg 


lift 

Drag 

Pitching 

moanent 

Lift-drag 

ratio 

Center of 
pressure 

Optimum lift 
coefficient 

1 - r, 
percent 
chord 




^Anin 

ACd/cl^ 


(i/d) 

max 

perce 

M.A. 

-la’ 

;nt 

,c. 


pt 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

1 

2 

5 

k 

5 

6 

30 

30 

30 

30 

30 

30 

18 

30 

40 

50 

60 

TO 

0.0412 

.0412 

.0412 

.0412 

.0412 

.0412 

0.0548 

.0565 

.0573 

.0582 

.0405 

.0400 

0.00757 

.00465 

.00576 

.00545 

.00542 

.00577 

— 

0.00520 

.00468 

.00425 

.00581 

.00557 

.00294 

— 

0.01277 

.00951 

.00801 

.00724 

.00679 

.00671 

0.0107 

.0089 

.0085 

.0068 

.0069 

.00671 

0.5802 

.5802 

.5802 

.5802 

.5802 

.5802 

0.4290 

.4174 

.4504 

.4490 

.4500 

.4410 

0 

0 

0 

0 

0 

0 

0.00085 

.0010 

.0010 

.00067 

.0014 

.0015 

7.193 

8.424 

9.082 

9.552 

9.865 

9.923 

7.60 

8.21 

8.79 

8.80 

9.21 
9-15 

50 

50 

50 

50 

50 

50 

47-61 

47.25 
47-32 

48.25 
46.53 
47.75 

0.1857 

.1568 

.1455 

.1385 

.1339 

.1332 

0.1500 

.1475 

.1440 

.1525 

.1550 

.1520 

7 

8 

9 

10 

11 

12 

35 

35 

35 

35 

35 

35 

18 

30 

40 

50 

60 

TO 

0.0420 

.0420 

.0420 

.0420 

.0420 

.0420 

0.0559 

.0585 

.0592 

.0599 

.0415 

.0450 

0.00755 

.00465 

.00579 

.00545 

.00545 

.00580 

— 

0.00528 

.00475 

.00452 

.00588 

.00544 

.00501 

— 

0.01261 

.00958 

.00811 

.00753 

.00689 

.00681 

0.0120 

.0095 

.0080 

.0084 

.0069 

.0058 

0.415 

.415 

.415 

.415 

.415 

.415 

0.5924 

.4150 

.4200 

.4160 

.4276 

.4770 

0 

0 

0 

0 

0 

0 

0.0010 

.0010 

.0007 

.00071 

.0012 

.0012 

6.928 

8.052 

8.659 

9.087 

9.373 

9.427 

7.40 

8.35 

8.85 

9.05 

9.22 

9.20 

50 

50 

50 

50 

50 

50 

47.21 
47.40 

48.21 
48.12 

47.11 

47.21 

0.1747 

.1507 

.1401 

.1332 

.1292 

.1284 

0.1800 

.1400 

.1375 

.1470 

.1500 

.1000 

15 

Ik 

15 

16 
IT 
18 

liO 

ko 

ko 

4 o 

ko 

4 o 

18 

30 

4 o 

50 

60 

TO 

0.0420 

.0420 

.0420 

.0420 

.0420 

.0420 

0.0578 

.0588 

.0597 

. 04 l 6 

.0425 

.0450 

0.00654 

.00422 

.00555 

.00529 

.00553 

.00572 

— 

0.00557 

.00484 

.00441 

.00597 

.00553 

.00510 

— 

0.01271 

.00906 

.00796 

.00726 

.00686 

.00682 

0.0128 

.0095 

.0078 

.0071 

.0065 

.0060 

0.415 

.415 

.415 

.415 

.415 

.415 

0.5840 
.5850 
.5990 
.4015 
.4254 
.kohc 
1 

0 

0 

0 

0 

0 

0 

0.0015 

.00164 

.0017 

.0012 

.0014 

.0016 

6.900 

8.173 

8.720 

9.130 

9.393 

9.421 

7.40 

8.70 

9.21 

9.55 

10.50 

10.00 

50 

50 

50 

50 

50 

50 

46.05 

45.61 

45.61 

47.09 

46.70 

46.28 

0.1754 

.1481 

.1588 

.1526 

.1289 

.1285 

0.1725 

.1450 

.1375 

.1325 

.1x75 

.1100 
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TABLE II.- Concluded 
SUMMARY OF RESULTS 
(c) M = 2 .U 


Wing 

deg 


Lift 

Drag 

Pitching 

moinent 

Lift-drag 

ratio 

Center of 
pressure 

Optimuin lift 
coefficient 

1 - r, 
percent 
chord 



^Df 


ACd/ 

Cl^ 


(I/D) 

max 

Sx/< 

perce 

M.A, 

snt 

.C. 





Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor. 

Exp. 

Theor . 1 

Exp. 

1 

50 

18 

0.05184 

0.0292 

0.00510 


0.00485 


0.00995 

0.0097 

0.550 

o.55^^5 

0 

0.00075 

6.766 

7.12 

50 

**7-*i3 

0.1546 jo. 1500 

2 

50 

50 

.03184 

•0307 

.00555 



.00440 



.00775 

.0081 

.550 

.51*83 

0 

.00075 

7-677 

B.08 

50 

*17.56 

*1107 

.U-pU 


50 

40 

.05184 

.0514 

.00277 



.00401 



.00678 

.0063 

*550 

•5550 

0 

.0009 

8.197 

8.70 

50 

*17.15 

.inii 

.1145 

j 

4 

50 

50 

.05184 

.0516 

.00255 



.00565 



.00618 

.0062 

.550 

• 5667 

0 

.0008 

8.585 

9.00 

50 

1*7-*17 

. 1061 

.0925 

5 

50 

6o 

.03184 

.0326 

.00257 



.00325 



.00582 

.0062 

.550 

• 5520 

0 

.0008 

8.81*7 

9.58 

50 

*17.55 

.1050 

.0950 

6 

50 

TO 

.05184 

.0520 

.00285 

— 

.00286 

— 

.00571 

.0061 

.550 

.5*160 

0 

.0007 

8.932 

9.40 

50 

*17.81 

.1020 

.0850 

7 

55 

18 

0.05184 

0.0302 

0.00456 


0.00495 


0.00951 

0.0104 

0.550 

0.5170 

0 

0.00105 

6.921 

7.20 

50 

46.69 

0.1516 

0.1525 

8 

55 

50 

.05184 

.0515 

.00508 



.00450 



.00758 

.0074 

*550 

.5270 

0 

.0010 

7.752 

8.50 

50 

46.85 

.1175 

.1200 

Q 

55 

40 

.05184 

.0319 

.00261 



.00411 



.00672 

.0062 

.550 

.5557 

0 

.0012 

8.254 

9.50 

50 

46.24 

.1106 

.1050 

10 

55 

50 

.03184 

.0520 

.00245 



*00575 



.00618 

.0059 

.550 

.5297 

0 

.0012 

8.585 

9.78 

50 

46.25 

.1061 

.0962 

11 

55 

60 

.05184 

.0327 

.00249 



*00555 



.00584 

.0054 

.550 

.5400 

0 

.0008 

8.832 

10.05 

50 

47.55 

.1052 

.0^2 

12 

55 

TO 

.03184 

.0550 

.00280 

— 

.00296 

— 

.00576 

.0057 

.550 

.5510 

0 

.0010 

8.894 

9.99 

50 

46.97 

.102^ 

.1000 

15 

ho 

18 

0.03184 

0.0312 

0.00428 


0,00505 



0.00951 

0.0101 

0.550 

0.5000 

0 

0.00098 

6.995 

7.29 

50 

46.86 

0.1502 

0.1575 

l4 

4o 

50 

.03184 

•0515 

.00294 



.00456 



.00750 

.0071 

*550 

.5285 

0 

.0010 

7-79*1 

8.55 

50 

46. 81 

. 1169 

.1190 

15 

4o 

40 

.03184 

.0521 

.00252 



.00418 



.00670 

*0059 

.550 

.5400 

0 

.0012 

8.21*6 

9.45 

50 

46.26 

.1105 

.0975 

l6 

4o 

50 

.05184 

.0328 

.00239 



.00580 



.00619 

.0054 

.550 

.5517 

0 

.00025 

8.579 

9.75 

50 

49.24 

.1062 

.0950 

17 

4o 

6o 

.03184 

.0523 

.00245 



.00542 



.00587 

.0050 

.550 

.5255 

0 

.00117 

8.810 

10.55 

50 

46.58 

. 1054 

.0958 

18 

4o 

TO 

.05184 

.0320 

.00276 

— 

.00304 

— 

.00580 

.0049 

.550 

.5555 

0 

! .0012 

1 

8.865 

10.80 

50 

46.25 

.1028 

.0925 
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Drag strain-gage 

Lift strain-gage 
beam No. I 


Base plate 


Support rails for 
lateral translation 
of balance 

Floating frame 


Lateral translating 
screw 


Model 


Nozzle block 


Angle-of -attack 
motor 


Flex-link support 


Wind-tunne 
side walls 


(a) Strain-gage balance. 


L- 87926 


Figijre 1.- Sketch of strain-gage balance used to measure model forces 

and method of model support. 
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(b) Method of model support. 
Figure 1.- Concluded. 


L-87927 


V>4 

V>l 
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Sting A Sting B 

Figure 2.- Dimensional details of wing support stings used in investiga- 
tion. All dimensions are in inches. 
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(a) Sting A on wing 7- 





(b) Sting B on wing 11. L-879^7 


Figui’e 5 .- Typical wings equipped with support stings A and B. 
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Test wings with sting A 




L-8?9i;8 

Figure 4 .- Photographs of wing models used in investigation.^ (The 
apparent difference in wing areas is due to depth distortion . ) 
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location of 
thickness 


(removable) 


strut 


(b) Sting B on wing 11. 



Figiire 5-- Pressure-distribution models used for assessment of support- 
sting tare -interference effects. 


Change In pressure- drag coefficient due to presence 
of wing support sting, ACq 
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M = 2.4I 


^:r_ 


234560 1234560 1 23 45 6 

Angle of attack, a , deg 

(a) Conf igiirations equipped with sting A. 



0 12 3 4 5 6 0 


2 3 4 5 6 0 

Angle of attack, a, deg 


2 3 4 5 6 


(b) Configurations equipped with sting B. 

Figure 6.- Change in pressure-drag coefficient due to presence of wing 

support stings. 
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(a) 1 - r = 0.l8c. 

Figure 7*- Aerodynamic characteristics of 5^ -percent-thick delta wings. 

M = 1.62; semiapex angle e, 50°. Flagged symbols denote correction 
applied to drag data to account for support-sting tare -interference 
effects . 


Pitching- moment coefficient, C_ coefficient, 
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(b) 1 - r = 0-50c. 


Figure 7-- Continued 


Lift -drag ratio, L/D Drag coefficient, 


Pitching-moment coefficient. Lif, coefficient, 
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(c) 1 - r = 0.40c. 


Figiire 7 .- Continued 


Drag coefficient, 


Pitching -moment coefficient, C.„ coefficient, 
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(d) 1 - r = 0 . 50 c. 


Figure 'J.- Continued. 


Lift -drag ratio, L/D coefficient, 


Pitching -moment coefficient, Lift coefficient, 
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(e) 1 - r = 0 . 60 c. 


Figure 7-- Continued. 


Lift - drag ratio, L/D Drag coefficient, 


Pitching-moment coefficient, C i-'^f coefficient, 
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(f) 1 - r = O.TOc. 

Figure 7 -- Concluded 


Drag coefficient, 
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(a) 1 - r = 0.l8c. 

Figiire 8.- Aerodynamic characteristics of 3^ - percent-thick delta wings. 

M = 1.62; semiapex angle e, 35° • Flagged sytnbols denote correction 
applied to drag data to acco\mt for support -sting tare -interference 
effects . 


Pitching- moment coefficient, coefficient, 
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(b) 1 - r = 0 . 50 c. 

Figure 8.- Continued 


Lift- drag ratio, L/D Drag coefficient. 


Pitching -moment coefficient, Lift coefficient, 
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(c) 1 - r = 0.40c. 

Figure 8.- Continued. 


Lift- drag ratio, L/D Drag coefficient. 


Pitching- moment coefficient, Lift coefficient, 
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Angle of attack, a, deg 


(d) 1 - r = 0 . 50 c. 


Figure 8.- Continued. 


Lift- drag ratio, L/D Drag coefficient, 


pitching •'moment coefficient, 0^ Lift coefficient, 
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(e) 1 - r = 0.60c. 

Figure 8.- Continued. 


Lift- drag ratio, L/D Drag coefficient. 


Pitching - moment coefficient, coefficient, 


50 


NACA RM L55D26 



(f) 1 - r = 0.70c. 

Figtire 8.- Concluded. 


Lift-drag ratio, L/D Drag coefficient, 
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(a) 1 - r = 0.18c. 

Figure 9-- Aerodynamic characteristics of 5^ - percent-thick delta wings. 

M = 1.62; semiapex angle e, ^i0°. Flagged symbols denote correction 
applied to drag data to acco\mt for support-sting tare-interference 
effects . 


Pitching -moment coefficient, Cpn 
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(b) 1 - r = 0 . 50 c. 

Figure 9*- Continued. 


Lift- drag ratio, L/D coefficient. 


Pitching - moment coefficient, Lift coefficient, 
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(c) 1 - r = 0.40c. 


Figure 9«- Continued 


Lift- drag ratio, L/D Drag coefficient, 


Pitching -moment coefficient, Cm Lift coefficient, 
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(d) 1 - r = 0 . 50 c. 


Figlire 9*- Continued 


Lift-drag ratio, L/D Drag coefficient, 


Pitching -moment coefficient. Lift coefficient 
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(e) 1 - r = 0.60c. 


Figiire 9.- Continued. 


Drag coefficient. 


Pitching- moment coefficient, Lift coefficient, 
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(f) 1 - r = 0.70c. 

Figure 9-- Concluded. 


Lift' drag ratio, L/D Drag coefficient. 
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(a) 1 - r = 0.18c. 

Figure 10.- Aerodynamic characteristics of 5^ -percent-thick delta wings. 

M = 1.9^; semiapex angle e, Flagged symbols denote correction 

applied to drag data to account for support-sting tare -interference 
effects . 


Pitching - moment coefficient, 0^ Lift coefficient, 
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(b) 1 - r = 0.30c. 


Figure 10.- Continued. 


Lift - drag ratio, L/D Drag coefficient , 


Pitching-moment coefficient, 
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Figure 10.- Continued. 


Drag coefficient, 



Pitching -moment coefficient, coefficient, 
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(d) 1 - r = 0 . 50 c. 

Figure 10.- Continued. 
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Angle of attack , a, deg 

(e) 1 - r = 0.60c. 


Figure 10.- Continued 


Lift - drag ratio, L/D Drag coefficient. 
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(f) 1 - r = 0 . 70 c. 


Figure 10.- Concluded. 
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(a) 1 - r = 0.18c. 


Figure 11.- Aerodynamic 


characteristics of 5^- percent-thick delta wings. 


M = I.9H; semiapex angle e, 35° • Flagged symbols denote correction 
applied to drag data to account for support-sting tare-interference 
effects. 
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(b) 1 - r = 0.50c. 

Figure 11.- Continued 


Lift - drag ratio, L/D Drag coefficient, 


Pitching -moment coefficient, 
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(c) 1 - r = 0.40c. 


Figure 11.- Continued. 


Lift - drag ratio, L/D coefficient, 
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(d) 1 - r = 0.50c. 


Figure 11 . - Continued 
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(e) 1 - r = 0.60c. 


Flgiore 11.- Continued 


Drag coefficient, 



Pitching -moment coefficient , Lift coefficient, 
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(f) 1 - r = O.TOc. 

Figure 11 . - Concluded . 
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(a) 1 - r = 0.18c. 

Figure 12.- Aerodynamic characteristics of per cent -thick delta wings 

M = I.9I+; semiapex angle e, 350, Flagged symbols denote correction 
applied to drag data to account for support-sting tare-interference 
effects. 
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(b) 1 - r = 0.50c. 


Figure 12.- Continued. 
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(c) l-r=0. 40c . 


Figure 12.- Continued. 


Lift - drag ratio, L/D coefficient. 


Pitching- moment coefficient, Lift coefficient, 
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(d) 1 - r = 0.50c. 

Figure 12 . - Continued . 


Lift - drag ratio, L/D coefficient, 
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(e) 1 - r = 0 . 60 c. 

Figure 12.- Continued. 


Lift - drag ratio, L/D Drag coefficient, 


Pitching -moment coefficient, coefficient, 
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(f) 1 - r = O-TOc. 

Figixre 12.- Concluded. 


Lift - drog ratio, L/D Drag coefficient. 
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(a) 1 - r = 0.l8c. 

Figure IJ.- Aerodynamic characteristics of 5^ -percent-thick delta wings. 

M = 2. hi; semiapex angle e, 30°. Flagged symbols denote correction 
applied to drag data to account for support-sting tare-interference 
effects . 
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(b) 1 - r = 0.30c. 

Figure 15.- Continued. 
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(c) 1 - r = 0.40c. 

Figlire IJ.- Continued. 
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(d) 1 - r = 0 . 50 c. 


Figure 15*- Continued. 
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(e) 1 - r = 0 . 60 c. 


Figure IJ.- Continued. 


Lift- drag ratio, L/D Drag coefficient. 
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(f) 1 - r = O.TOc. 

Figure 13 Concluded. 
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(a) 1 - r = 0.l8c. 

Figure l4.- Aerodynamic characteristics of 3^ - percent-thick delta wings. 

M = semiapex angle e, 35° • Flagged symbols denote correction 

applied to drag data to accoijnt for support-sting tare-interference 
effects. 
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(b) 1 - r = 0 . 50 c. 

Figure lU.- Continued. 
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(c) 1 - r = O-ifOc. 

Figure l4.- Continued. 


Drag coefficient, 


Pitching -moment coefficient, 0^ 
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(d) 1 - r = 0 . 50 c. 

Figure l4.- Continued. 


Lift-drag ratio, L/D coefficient. 


Pitching -moment coefficient, Lift coefficient, 
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(e) 1 - r = 0.60c. 

Figure Continued. 


Lift- drag ratio, L/D Drag coefficient, 
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(f) 1 - r = 0 . 70 c. 

Figure l4.- Concluded. 
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(a) 1 " r = 0.18c. 

Figiire I5.- Aerodynamic characteristics of 5^ - percent-thick delta wings. 

M = 2-kl; semiapex angle 40^. Flagged symbols denote correction 
applied to drag data to account for support- sting tare -interference 
effects . 
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(l)) 1 - r = O.JOc. 

Figure 15- - Continued. 
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(c) 1 - r = 0.40c. 


Figure I 5 .- Continued. 
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Pitching -moment coefficient, Lift coefficient, 
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(d) 1 - r = 0 . 50 c. 


Figiire 15- - Continued. 


Lift - drag ratio, L/D coefficient. 


Pitching -moment coefficient, Lift coefficient, 


MCA RM L55D26 


91 



Angle of attack, a, deg 


(e) 1 - r = 0.60c. 


Figure 15- - Continued 


Lift - drag ratio, L/D coefficient, 


Pitching -moment coefficient, Lift coefficient, 
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(f) 1 - r = O.TOc. 

Figure 15- - Concluded. 
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Figvire l6.- Variation of the lift-curve slope with maximum- thickness 
location at several tangent-ratio (tan e/tan m) values, and compari- 
son with theory. 
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Figure 16 . - Continued . 
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Figure l6.~ Concluded 
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Figure 17 - - Effect of chordwise max iirruin- thickness position on the ratio 
of the experimental lift-curve slope to the theoretical two-dimensional 
lift-curve slope against tangent ratio tan e/tan m. 
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Figure 18.- Variation of the lift-slope ratio with tangent ratio for 

douhle-wedge delta wings having their maximum-thickness positions well 
forward and near midchord. 
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Figure 19- - Variation of the minimum drag coefficient with maximum- thickness 

location. 
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Figiure 2k. - Variation of the drag-due-to-lift factor ZmCd/Cl^ 
maximum- thickness location and comparison with theory. 
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Figtire 24.- Continued. 
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Figure 25.- Variation of lift-drag ratio with lift coefficient at all 

test Mach numbers. 
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Figure 25.- Continued. 
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Figure 26.- Variation of the maximum lift-drag ratio with maximum-tnickness location at several 

Mach numbers. 
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Fig-ure 27-- Variation of the center-of-pressure location with maximum- 
thickness location at several Mach numbers. 
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Figure 28.- Location of orifices in pressure-distribution models. All 

dimensions are in inches. 
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Figiire 29.- Change in pressure coefficients due to 


presence of sting A. 
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Figure 29.- Continued. 
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Figure 50.- Change in pressure coefficients due to presence of sting B. 
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Figure 30.- Continued. 


Change in pressure coefficients due to sting, AP 


150 


NACA RM L55D26 





(b) Concluded. 
Figure 50.- Continued. 


Change in pressure coefficients due to sting, AP 


MCA BIA L55D26 


131 


0 = 0 ° 



0 = 6 ° 



STATIONS 
Upper surface 

(c) M = 2 . 1 + 1 . 


Figure 50.- Continued. 


Chonge in pressure coefficients due to sting, AP 


152 


NACA RM L55P^6 


a=0° 




STATIONS 
Lower surface 

(c) Concluded. 
Figure 50.- Concluded. 


NACA - Langley Field, Va. 


